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SUMMARY . 

A pressure-diatribution  investlgation of the wfng (in the presence 
of the  fuselage) of a cnmplete  supersonic  aircraft  configuration has 
been  conducted in the  Langley 4- by 4-foot superso c tunnel at a Mach 
n&er of 1.59 and a Reynolds  nmiber  of 0.575 x 10 t? based on the me= 
aerodynamic  chord. The wing was swept back bo and had an aspeCt  ratio 
of 4, a taper  ratio of 0.3, and 10-percent-thick  circular-a.rc  sections 
perpendicular  to the quarter-chord  line. For the k c h  numiber of the 
present  investigation,  the w i n g  had  both  supereonic  leadlng and trailing 
edges;  the  leading  edge,  however,  had a detached  shock  wave throughout , 
the angle-of -attack range. 
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The  experimental  lift  and  drag  coefficients were less than those 
predicted by linear theory. The discrepancies  resulted  principally 
from the  existence of large  regions of separated f low at the rear  and 
at  the  outboard  stations of the wing and in part f r o m  the  presence of 
8 detached  leading-edge  shock which is  neglected in the  linear  theory. 
In addition,  there was 8 pronounced  interference  effect  of the fuselage 
on the wing at the inboard etations but  this  effect  diminished  fairly 
rapidly  outboard. 

The  maximum  lift-drag  ratio of 5.3 obtained  experimentally  agreed 
very  well  with  the  theoretical  value of 5.1. This  agreement,  however, 
was partially the result of compensating discrepancies in both  the lift 



and drag  coefficients. The pitching moment w a s  considerably less   s table  
than predicted by theory  primarily as a result of the separation  over 
the outboard reHon of the winp;. T h i s  separation phenomenon appears 
t o  be of primary concern for  uncmibered and untwtsted swept wings, such 
as the wing of  the present investigation, where the spanwiae gradients 
and their   effects  on the boundary layer are large, 

INTRODUCTION 

A comprehensive investigation of a eupersonlc a i rcraf t  configura- 
t ion  having a tapered wing with circular-arc  sections,  aspect  ratio 4, 
and bo sweepback has been conducted in   t he  Langley 4- by &-foot  super- 
sonic  tunnel,. In order t o  obtain a detailed knowledge of  the flow  over 
the model.as well as t o  determine the general aerodynamic characteristics, 
extensive  tests were conducted on both a large-scale  force and pressure 
model of the complete configuration and of various components at Mach 
numbers of 1.40 and 1.59. The results of  the  pressure-distribution  study 
of the fuselage and i ts  canopies are  reported in reference 1 for  a Mach 
number of  1.59 and i n  reference 2 fo r  a Mach  number of  1.40. The first 
phase of the force-model investigation, which evaluated the s t a t i c  longi- 
tudinal  stabil i ty and control  characteristics  at a Mach  number of 1.40, 
has been reported in reference 3. 

T h e  present  report  presents  the  results  of the pressure-distribution 
study of the wing obtained  during tests of the complete pressure model 
at a Mach  number of 1.59 and a Reynolds number of 0.575 x 106 based on 
the mean aerodynamic chord. For this Mach  number, the wing had both 
supersonic leading and t r a i l i ng  edges; the leading edge,  however, had a 
detached shock wave throughout the  angle-of-attack range. The pressure 
data have been analyzed-in  terms of section and over-all wing character- 
ie t ics ,  and the experimental  relsulte have been compared throughout the 
paper  with linear  theoretical  calculations  to  evaluate  differences 
between the  theory and experiment. 

SYMBOLS 

Free-stream  conditions: - 
P mass density of  a i r  

v airspeed 

a. speed of sound in air - 
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M Mach rider (V/a) 

9 dynamic pressure 

P s t a t i c  pressure 

Wing geometry: 

S mea  extended  tlirough the fuselage 

b span 

A aspect  ratio (b2/S 1 
C a i r f o i l  chord a t  any spanwise station 

C '  

- 
C 

X 

Y 

mean aerodynamic chord (E sob/* .2w) 

mean chord (S/b) 

chordwise distance measured streamwise f r o m  the   a i r fo i l  
leading edge 

spanwise distance measured from the plane of symuetry of 
the wing 

z normal distance measured from the 8 i r f O i l  chord l ine  

a angle of attack of the wing, degrees 

Pressure  data: 

p1 
P pressure  coefficient 

local  static  pressure ' 

cn section normal-force coefficient ( /o=pLt - Pu)a~x,c$ 
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cC 

CZ 

'd 

cm 

CD 

section  chord-force  coefficient (J:[(eu - kg)$3) 
section  lift  coefficient (Cn cos a - cc sin a) 
section  pressure-drag  coefficient (cn sin a + cc  cos a) 

section  pitching-moment  coefficient,  due t o  normal forces, 
about  the  25-percent  position of the  airfoil  cEord 

section  pitching-moment  coefficient,  due  to normal forces, 
about a line  perpendicular  to  the  plane of symmetry and 
passing  through  the  25-percent  position of the mean aero- 

/ n-l \ 

distance from the  leading  edge  of  each  spanwise  station  to 
a line  perpendicular  to  the  plane of symmetry and passing 
through  the  25-percent  position of mean aerodynamic  chord 
(positive  rearward f r o m  leading e m )  

wing pitching-moment  coefficient  about a line  perpendicular 
to  the  plane  of symmetry and passing  through  the 25- 
percent  position of the  mean  aerodynamic  chord 



chordwise location of the wing aerodynamic center 

(0.25 - 2) 
Sub scr ipts  : 

L' ' lower surface 

U upper surface 

a value a t  angle of attack 

a = O  value a t  0' angle of  attack 

APPARATUS 

Tunnel.- The Langley 4- by &foot supersonic  tunnel is a  rectangu- 
lar, closed-throat,  single-return and tunnel designed f o r  a nominal 
Mach nmber range f r o m  1.2 t o  2.2. The test   section Mach nmiber i s  
varied by deflecting  horizontal  flexible walls against a series of fixed 
interchangeable  templates which  have been  designed t o  produce  uniform 
flow i n  the test  section. For the  present  investigation,  the nozzle 
walls were set  for a test   section Mach  number of  1.59. For thfs Mach 
nmiber, the  test  section has a  width o f  4.5 feet  and a height.of 4.4 feet .  
A detailed  description of the  tunnel,  together with the  calibration  data 
of the  test   sectlon at this Mach nmiber, i s  presented i n  reference 1. 

Model.-  The t.=st model, shown in figure 1 pr io r  t o  ins ta l la t ion   in  
the tunnel, was constructed t o  the dimensions  8hown.in figure 2. The 
complete model contahed  a t o t a l  of 254 orif ices  which were lo-ated on 
the wing, fuselage, and horizontal t a i l  surfaces. During the  tes ts ,  
pressures were measured simultaneously over the  entire model. As pointed 
out in  the  introduction, however, t h i s  paper will be  concerned o n l y  with 
the wing of the  configuration and will deal  with  other components of the 
model only insofar  a s  they  affect  the flow over the wing. 

- 
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The wing was constructed  with 8 steel  core and has steel  leading 
and t ra i l ing  edges. The wing surface between approximately the 10- 
percent and 98-percent chordwise location w8s made of bismuth and t i n ,  
The geometry of  the wing i s  as follows: 

Span, feet  . . . . . . . . . . . . . . . . . . . . . . . . . . . .  2.155 
Area extended  through the  fuselage,  square  feet . . . . . . . . .  1.158 
Mean chord, fee t  . . . . . . . . . . . . . . . . . . . . . . . . .  0.537 
Mean aerodynamic chord, feet  . . . . . . . . . . . . . . . . . . .  0.557 
Aspect r a t io  (wing extended to  fuselage  center  line) . . . . . . .  4 
Sweepback of  quarter-chord  line,  degrees . . . . . . . . . . . . .  40 
Taperrat io  . . . . . . . . . . . . . . . . . . . . . . . . . . .  0.5 
Airfoil  sections . . . . . . . . . . . . .  .Symmetrical circular  arcs  in 

planes  perpendicular t o   t he  
quarter-chord l ine 

Thickness ratio: 
Section  perpendicular t o  quarter-chord line,  percent . . . . . .  10 
Section  parallel to air-stream direction,  percent . . . . . . .  8 

Section  perpendicular t o  quarter-chord  line,  percent . . . . . .  50 
Section  parallel  to  air-stream  direction,  percent . . . . . . .  52.1 

Geometric twist, degrees . . . . . . . . . . . . . . . . . . . .  0 
Dihedral  of  quarter-chord l i ne   i n  a plane normal to   the  

chord plane,  degrees . . . . . . . . . . . . . . . . . . . . . .  3 

Location of maxirmrm thickness: 

The l e f t  semispan of the model contained 116 or i f ices  divided 
approximately  equally among each o f   fou r  streamwise stations. The 
locatlons of the streamwise stations (shown in   f ig .  3 and indicated  in 
fig.  1 by  the white lines on the left wing) at 18.6, 43.6, 68.6, and 
93.7 percent of the wing  semiflpan were selected t o  present a representa- 
t ive  picture of the flow over the wing. I n  addition  to  theee  orifices, 
two rows  of orifices  (f igs.  1 and 3 ) ,  containing a t o t a l  of 30 orifices,  
were located at two oblique  stations  perpendicular t o  the  quarter-chord 
l ine of the right wfng  semispan. 

The w i n g  wa8 mounted on a fuaelage which consisted of a body of 
revolution, upon which upper- and lower-surface  canopies (fig.  2) were 
installed. The fuselage has a length of 2.522 feet  and a fineness 
ra t io  of  9.4 without  canopies. A complete deecription of the f'uselage, 
together  with  coordinates, i s  presented i n  reference 1. The  wing was 
s e t   a t  a fixed  incfdence of -3' relative  to  the  fuselage axis. Since 
t h i s  paper  presents  primarily wing data,  the  angle of attack has been 
referenced to   the  wing chord line; hence, a given  angle of attack is  
indicated as being 3 O  higher than the correeponding angle in  references 1 
t o  3. 

During all the  tes ts ,  the model was frequently  inspected and 
polished i n  an attempt t o  maintain an aerodynamically smooth surface. - 
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Installation.- The model was sting supported  with the w i n g  i n  a 
vertical  plane as shown in  f igure 4. The angle of attack was varied 
through fixed increments  by rotating  the model about the 59-percent 
position of the  fuselage. T h i s  axial  location corresponds t o  the 
0.25-chord position of the mean aerodyzamic chord. The pressure  tubes 
from the  orifices were brought  out from the wing through the fuselage 
and the  st ing t o  multiple-tube manometers. 

TESTS 

The basic  pressure  data over the wing were obtained f o r  an angle- 
of-attack range from -20 t o  13O a t  a Mach nmiber o f  1.59 and a Reynolds 
number of  575,000 based on the mean aerodynamic chord. The a e r o d m c  
data have been obtained at tunnel stagnation  conditions of: pressure, 
0.25 atmosphere; temperature, llOo F; and dew point, -35O I?. For  these 
t e s t  conditions,  the  calibration data (reference 1) of  the test   sect ion 
indicate that the effects of condensation on the f l o w  over  the model 
are probably  extremely Ermall. 

CORRETIONS AWD ACCURACY 

Since  tge magnitudes of the flow angle, Mach nmiber, and pressure 
gradients  are small i n  the vicinity of the model, no corrections due t o  
these  sources have been  applied t o  the data. Furthermore, from optical 
measurements obtained  during  these  tests, it w&s found that the wing 
twist under load was negligible, amounting t o   l e s s  than 0.05O fo r  a l l  
angles of attack. Consequently, no corrections fo r  twt& have been 
applied. 

It i s  estimated that the  accuracy of the wing data i s   a s  follows: 

Stream Mach rider . . . . . . . . . . . . . . . . . . . . . . . .  kO.01 
Angle  of attack: . 

Geometric measurement (probable  error), degree . . . . . . . . .  f0.02 
Maxim flow irregularity, degree . . . . . . . . . . . . . . .  S. 10 

Absolute value of pressure  coefficient . . . . . . . . . . . . .  N.010 
PRES-ION O F  RESULTS 

The basic  pressure h t a .  for  the wing, obtained  during t e s t s  of the 
complete model, are  presented f o r  the four streamwise and two oblique 



stations  in figures 5 and 6, respectively,  for  angles of attack of -2O, 
Oo, lo, 3O, 5 O ,  7', go, 1l0, and 13'. I n  these  figures,  as  in a l l  other 
figures, flagged symbols  have been used t o  designate the lower-surface 
data. In order t o   f ac i l i t a t e   t he  use  of these data for  other purposes, 
the numerical values of all the pressure  data  plotted  in  figures 5 and 6 
are tabulated  in  tables I and 11. In  addition t o  the pressure distri- 
butions  (presented in   f igs .  5 and 6) which are  indicative of the normal 
loads,  the  distribution of chordwise load i s  presented i n  figure 7 for  
the streamwise stations f o r  representative  angles of attack of -2O, Oo, 
5', and 13'. I n  this  f igure,  the unit  chord-force coefficient a t  each 
position d o n g  the chord has been  defined as the product  of the  local 
pressure  coefficient and the local slope in   the streamwise direction. 

The pressure data of figure 5 are compared with l inear  theoretical  
calculations  for 0' angle of a t tack  in  figure 8 and for  angle of attack 
in  f igure 9. The theoretical  calculations  for 0' were obtained by the 
method of reference 4 as  applied  in  reference 5. In obtaining  the 
theoretical  curves for  angle of  attack (fig.  g), the method of refer- 
ence 6 was used for  stations 0.186, 0.436, and 0.686; for  station 0.937 
the method of  reference 7 which accounts for the t i p  effect  was used i n  
addition  to  reference 6. In  the calculation o f  the theoretical wing 
pressures, the fuselage side was  assumed t o  impose  a physical  reflection 
plane, and, as such, w a s  arbitrari ly  selected as the  origin of  calcula- 
tfons. I n  figure 9, detailed data have been presented  for  station 0.436. 
Since the  other  stations exhibit similar trends, only  representative 
data have been included for statione 0.186, 0.686, and 0.937. Since 
the  theoretical  surface  lifting-pressure  coefficient per unit  angle  of 
attack  for a given station i s  equal  for  both  surfaces,  these  data  (fig. 9 )  
could have been compared against a single  theoretical curve for  each 
station. However, inasmuch as a fundamental purpose of this  investi- 
gation has been t o  evaluate  differences between theory and experiment, 
the  experimental  data have been separated  into expansion and compression 
surfaces by def the  surface  lifting-pressure  coefficient as ' 

5'7.3 (Pa - Pa=O 
I a1 

. In  this  way, the upper surface a t .a   pos i t ive  angle 

of attack and the lower surface a t  a negative  angle of attack  are con- 
sidered  equivalent. 

The section normal-force,  chord-force, and  pitching-moment coeffi- 
cients a t  the  four spanwise stations have been obtained by integrating 
the  pressure data of figures 5 and 7 and are  presented in   f igure  10. 
The section lift and drag  coefficients,  also  presented in   this   f igure,  
were obtained from a resolution of the normal- and chord-force coeffi- 
cients.  In each  case,  the  coefficients  presented i n  figure 10 have been 
compared with the results obtained from linear  theory.  Since the drag 
coefficients were obtained from integrated  pressure  data, the direct  
effects of skin  f'riction are not  included; and therefore the experimental 

I 
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drag  coefficients  are on a 

9 

comparable basis with- the theoretical  drag 
calculations. These sane data have been  presented i n  figures U, 12, 
and 13 t o  show the spanwise distribution of the  section  coefficient and 
load  parameters f o r  normal force, drag, h d  pitching moment. In these 
figures,  only one theoretical  curve has been shorn f o r  reference  purposes. 
The theoretical  curves for other  conditions can be obtained from fig- 
ure 10. For the pitching-moment data of figure 13, the coef'ficients have 
been referenced to   t he  quarter-chord l i ne  of the  indirtdual  sections 
while the loading  paramstere have been referenced t o  a l i n e   W c h  i s  
perpendicular to the plase of symmetry of the model  and passes through 
the 25-percent position of the mean aerodynamic chord. Figure 14, which 
has been derived from figures EL and 13, presents a comparison of the 
exper+ental and theoretical  locations of the  centers of pressure of the 
normal forces a t  each spanwise station. 

The ove r -d l  wing characteristfcs,  obtained from integration of the 
spanwise distributione, are presented in   f igure 15 as  a function of the 
wing angle of attack. In  th i s  presentation,  the experimental and' 
theoretical  curves were obtained by extrapolating  the  data f r o m  the ufng- 
fuselage  junction t o  the center  line of the model. This method, there- 
fore,  leads t o  coefficients which are more  , e q u i d e n t  to awing-alone 
configuration  than t o  a wing-body conibination. For application of these 
resul ts  t o  wing-body combinatlone, the primary change would occur in   t he  
pitching-moment coefficient  (fig. 15) which would be more stable  than 
indicated in this paper since the l i f t  carry-over  region in the presence 
of a fuselage would be farther rearward  (references 8, 9,  and 10). 
Figure 16 presents  the  experimental.and  theoretical w i n g  l i f t -drag   ra t ios  
(obtained from fig.  1.3) and compares these results with the  l if t-drag . 
ra t ios  obtained  during  force t e s t s  of  the complete model and o f  the 
wing-fuselage cWina t ion  (unpublished data).  Figure 17 presents a 
comparison of the experimental and theoretical  location of  t he   l a t e ra l  

center of pressure 3, and the aerodynamic center no to  indicate 

quantitatively  the accuracy  with which the root bending moments and the 
margin of  s t a t i c   s t ab i l i t y  of the wing can be predicted. 

DISCUSSION 

Limitations  of  experimental and theoretical  comparison.- In the 
analysis of the  experimental  results, the data have been compared 
throughout the paper with linear  theoretical  calculations t o  indicate 
the- accuracy with which the wing characterist ics can be estimated a t  
the  present time. I n  interpreting  this comparison, it must be fu l ly  
appreciated  that  the  application of  theoretical  calculations f o r  an 
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isolated wing t o  the wing of a complete model entai ls  flrndamental 
aseumptions in  addition t b  those  inherent i n  the l inear  theory. The 
combined effect  of these  additioaal approximations, the neglecting of 
the  fuselage flow field  together with the nose cone and canopy shocks, 
will i n   pa r t  be eTtident. Another, and perhaps more important, limita- 
t ion  on the  theoretical-experimental comparison Involves  the shock- 
detachment phenomenon. For the present combination of Mach  number, 
sweep angle, and leading-edge angle of the a i r f o i l  section,  the shock 
wave at the wing leading edge i s  detached f o r  all angles of attack 
including,the Oo condition. Thus, though the  leading edge i s  supersonic 
in  the  usual s?nse (the r a t i o  of the cotangent o f  the sweep angle t o  the 
tangent of the Mach angle i s  1.34), t h i s  detached shock leads  to a m a l l  
region of subsonic flow in   the immediate vicinity of  the  leading edge, 
a phenomenon which will be apparent in  the  data and  which violates a 
fundamental assumption of the linear theory. Thus the comparison of the 
present  paper will provide some additional  information on the  practical 
importance of  th i s   l a t te r   l imi ta t ion .  . 

Section  Pressure  Characteristics 

Shock-detackrment  phenomena.- The pressure data (figs. 5 and 6) 
immediately ref lect  the influence of the detached shock wave in the 
~ c i n i t y  of the leading edge. The pressure peak a t   the  nose of the 
a i r f o i l  IS partic-ly  evident for  stations 0.186 and 0.436 at 5' angle 
of attack and f o r  stations 0.686 and 0.937 a t  3' angle of  a t tack o r  
higher. Thi 8 pressure peak i s  characteri  Btic of flow around sharp 
corners a t  subsonic  speeds and would not  occur i f  the leading-edge shock 
waves  were attached. This phenomenon has been previously  reported i n  
reference 11 f o r  sharp-nose a i r f o i l s   a t  high subsonic speeds. The 
gradual compression shown behind this peak a t  all the stations indfcatea 
a very mall separated  region followed by an oblique shock (reference 11). 
Even at  the  highest  angles of attack where the angle of attack i s  larger 
than the  half-angle of the  leading edge of the  airfoil ,   the  significant 
effects of the subsonic f l o w  region on the leading edge of  the upper 
surface can be seen, particularly  for  station 0.186. 

Wing-body interference.- The effect of  the presence of  the body on 
the wing pressure data c m  be seen clearly  for zero angle of attack f r o m  
figure 8. These data show that,  f o r  the  root  section,  the  upper-surface 
pressures are more positive than the lower-surface  pressures; th i s   e f fec t  
diminishes fairly  rapidly outboard. Attempts t o  predict  the magnitude 
of the  discrepancy between the upper- and lower--face pressure d i s t r i -  
butions by superposing the  fuselage flow f ie ld  on the uing f ie ld  were 
inadequate, principally because of the mixed nature of  the f low i n   t h i s  



vicini ty  of the wing. A similar  effect of the  body.on  the wing can be 
observed a t  angles of attack (.pig. 5 )  by noting  that the angle  of attack 
for  the leading-edge  pressure peaks i s  lower a t   the  outboard  stations. 

It should  be  noted that the  primary body interference  effect upon 
the flow  over the wing for  this configuration i e  res t r ic ted  t o  gradual 
changes rather  than  the  discrete and finite  disturbances which might 
have been anticipated. From an examination of unpublished  schlieren 
photographs  taken a t  a Mach rider of 1.55 i n   t he  Langley 9-inch 
supersonic tunnel during tests of a  small-scale model of the same con- 
figuration  (reference E), it i s  clearly  evident that the shock wave 
f r o m  the noee  and canopies did not cross  the wing t o  produce any dis- 
continuous  disturbances up t o  angles of attack of 5O(the limit of t e s t s  
i n  reference 12). Since there  are no unexpected  regions of rapidly 
increasing  pressure a t   the  higher  angles of attack, it i s  quite  probable 
that the wlng clear of the nose and canopy  ehock f o r  the complete 
range of angles of attack of the  investigation. 

The extremely  rapfd  increase i n  pressure  indicated by the   l as t  
or i f ice  on stat ion 0.186 (fig. 5 )  and, to a  lesser  extent, on station A 
(fig. 6 )  appears t o  be caused by a fuselage  interference  effect. 

Separation  effects.- The experimental data for  zero  angle of attack 
(fig.  8) show surprisingly good agreement with the theoretical  calcula- 
t ions  for  the inboard station, 0.186, with  progressively  poorer agreement 
outboard.  Since the  effecta of the  fuselage  diminish fafrly  rapidly 
outboard, the  discrepancies in the outboard region must resul t  mainly 
f m m  the approximatione of the  linear w i n g  theory. Hence, the  better 
agreement inboard may be taken a8 Indicative of the  fact  that the mutual 
wing-fuselage  int,erference effects  occurring inboard appear t o  cnmpensate, 
in  part ,  in  the  present  application  for  the approximations i n  the wing 
theory. 

The data of figure 8 also show, f o r  zero  angle of attack, a pro- 
gressive  build-up of laminar separation from about the  rear 15 percent 
of the chord a t   the  r o o t  t o  about the  rear 30 percent  of.the chord a t  
the t i p .  This  separation OCCWE in   sp i te  of an apparent  favorable  chord- 
wise pressure  gradient upon the boundary layer. However, the  effect  of  
the  rapid  increase  in  pressure caused by the shock wave a t  the wing 
t r a i l i ng  edge is  transmitted upstream  through the boundary layer and 
induces  separation. This t ra i l ing-edge-sepat ion phenomenon occurs fo r  
all angles of attack  (figs. 5 and 6). It exis t s  on the upper  surface t o  
a amall degree f o r  negative  angles of attack, and increases  progressively 
as  the  angle o f  attack i s  increased  (trailing-edge shock i s  increased). 
The reverse  occurrence, as would be expected, exls ts  fo r  the lower  surface. 
T h i s  phenomenon of boundary-layer  separation  induced by the  trailing-edge 
shock has  been  noted many times previously and i s  ~ ~ S C U E B ~ C ~ ,  for  example, 
in  reference 13. The greater  extent of the  separation  at  the  outer 
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stations i s  at t r ibuted  to   the spEcnxise flow which increase8  the boundary- 
layer  thickness a t  the outboard stations. A t  the highekt  angles  of 
attack  there appear t o  be large  regions of  essentially zero  pressure 
chnge  with chordwise position.  Theoretically, however, there is a 
continually  decreasing chordwise pressme  except i n   t he  immediate 
vicinity of the Mach line  (for example, about 25 percent  of  the chord 
a t   s ta t ion  0.436). Hence, these  regions of no pressure change  seem t o  
indicate completely  sepaxated f low.  In considering this problem, it 
should be noted that  the  l inear theory, when applied even t o  eatimate 
the pressures a t  these high angles, predicts that a vacuum (P = -0.565) 
exis ts  a t  the   t ra i l ing  edge of station 0.436 fo r  an angle of attack 
o f  13O. Hence an absolute  physical limit to  the  theory i s  reached a t  
this  point; a more r ea l i s t i c  limit, however, occurs at a much lower 
angle  of attack. 

Lif ' t ina;  pressures.- The experimental lifting-pressure  data of 
figure 9 indicate, in general, that the expansion  surface produces 
slightly more lift than the compression surface. This effect  appears 
t o  be directly  related to the subsonic  nature of the flow at   the  
immediate vlcinity of  the leading edge and the  associated  pressure 
peaks. Tn this figure, as i n  figure 8, the  root  section  again appears 
t o  give  the  best agreement ufth theory. Because of  the detached shock 
coupled with the interference and viscous  effects,  the  large  pressure 
variationa  in  the  vicinity of the root and t i p  Mach lines  are not  present. 
Insofar  as  the t i p  section i s  concerned, the effects of the detached 
shock at the  leading edge, together with laminar boundary-layer separation 
farther rearward, completely dominate the flow field. From an over-all 
examination  of the  data of figure 9 BODE idea of  the degree of  non- ' 

linear'ity of the problem of computing the flow  over comparable wing 
installations having similar flow ffelds can  be  gained. T f  the lowest 
angles . (  -2' t o  3') are  neglected  because of the l w t a t i o n s  on the 
precision of  the  surface lifilng pressures  fn this  range, there appear 
t o  be only maU regions f o r  which the flow varies  linearly with  angle 
of attack. A t  the leading- and trailing-edge  portions of the chord, 
subeonic flow and viscous  effects,  respectively, appear to  invalidate 
any linear  considerations of the problem. 

. 

Section  Characteristics 

From a general  consideration of the  effects of the leading-edge 
subsonic region and the  laminar  separation a t   t he  rear and outboard 
stations, as shown i n  figmes 5 ,  6, and 9, it would be expected tha t  
the  section  drag would be reduced and the  pitching moment would become 
less  stable than  predicted  theoretically. The section lift would be 
expected t o  decrease if  the loss in lift resulting f'rom the  separation 
phenomena outweighs the  effect8 of the pressure peaks caused by the 
detached  flow a t  the leading edge. O f  course,  these  considerations  are 
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necessarily  llmited by the  fact  that  only  linear  considerations were 
used t o  obtain  the  theoretical curves. In general,  figure 10 ver i f ies  
these  trends i n  the section  characteristics;  the lower lift coefficients 
f o r  the four  stations  indicate  the predominance of the boundary-layer 
separation  as compared to the  leading-edge'sfbsonic flow region. Both 
the  section drag coefficients and the  stabll i ty  (as  inafcated by the 
slope of  the pitching-moment-coefficient c m )  are l e s s  than predicted 
i n  a l l  cases. It can a lso  be  seen that the chord-force coefficient is 
less  than  the  theoretical value due to   the  laminar' separation but that 
the  coefficient is   relatively  constant,  as predicted. In general, the 
section drag coefficients  (fig. 10) for  stations 0.436, 0.686, and 0.937 
indicate  reasonably  close agreement with each other, The drag coeffi- 
cients  for  station 0.186, however, are lower for  the same angle of 
attack.  This i s  probably, i n  part, a resul t  of interference of the 
fuselage on the wing. If the  drags  for  the  individual  stations are 
compared on the basis of  the same lift, the agreement between the inboard 
station and the outboard stations is  bproved ,  indicating that the 
interference  effect is  primarily a downwash caused by the  fuselage. In 
addition,  since  the minimum drag coefficients at the inboard stations 
are   less  than those of  the outboard stations,  there may also be a slight 
horizontalbouyancy  effect of the  pressme field of the body on the root  
sections. 

Spanwise Characteristics 

The experimental span-load  curves of figure 11 ref lect   the  same 
overestimation of the lift that m s  indicated  in  figure 10. In addition, 
the experimental center of pressme of the normal forces is farther 
inboard  than  predicted by theory by approximately 4 percent  of the wing 
semispan as sham  in figure 17. From structural  considerations,  thie 
l a t t e r   e f f ec t  will. resul t  fn too  conservative an estimate of the wing 
bending moments. 

Both the pitchfng-moment-coefficient and the pitching-monzent- 
parameter  curves  presented in  f igure 13 indicate  the inadequacy of  the 
theory fo r  predicting  either the pitching moment on the wing o r  the 
wing twisting moment f o r  structural  purposes. The linear  theory  predicts 
too negative a pitching-moment coefficient throughout the wing semispan. 
O n  the  other hand, the theoretical  pitching-moment parameter, which 
determines the  over-all wing pitching moment, i s  t o o  negative  for 
approximately the outboard two-thirds of the wing seNspan.and  agreee 
relatively well f o r  the remainder of  the wing. This inboard agreement, 
however, i s  coincidental  since it resul ts  from compensating discrepancies 
in both  the magnitude (fig. 11) 'and location  (fig. 14) of the  section 
normal forces  in this region. 



In addition  to  affect-  the  pitching  moments,  the  fact  that  the 
experimental  centers  of  pressure  are  forward of the  theoretical  locations 
(fig. 14) will have a slight  effect on the  downwash. On the  baeis of 
the  theory of reference 14, it  is  estimated  that  this  effect will be 
small, amounting  to an overestimation of the  downwash  by  about 4 percent 
for  the  present  configuration. 

Over-All  Wing  Characteristics 

In comparing  the  over-all wing lift  and drag coefficients, 
figure 15, it can be  seen  that  both  the wing lift  and drag are  lower 
than  the  theoretical  values.  The  experimental  lift-curve  slope is 
about 0.044 as  compared  to a theoretical  value of 0.053. This reduction 
in lift  is  believed  to  be  primarily an effect of the laminar separation 
from  the  rear  and  the  outboard part of the wing. The minimum drag coef- 
ficient  is  about 0.023 compared  to a theoretical  value  of 0.030; the 
comparison in both  caBes  is  based on pressure drag. The  experimental 
drag-rise  factor ACD/LVL~ is  approximately 0.366 (based  on CL values 
of -0.016 and 0.31, compared  to 0.329 (the  reciprocal  of  the  theoretical 
lift-curve slope) as  given by theory.  This  indicates a higher  rate of 
increase of drag with  lift  coefficient  than  predicted  by  theory. If 
the  experimental  lift-curve  slope w e r e  used fn estimating  the  drag-rise 
factor,  then  the value would  be 0.397. T h l s  indicates  that  the  actual 
drag-rise  factor  is  slightly  more  favorable than the value obtained from 
superposition  with  the  assumption  that  the  chord  force  is  independent 
of  the  angle  of  attack. Ln comparing  experimental  and  theoretical  drag- 
rise  factors,  it  should  be  noted  that  the  experimental  value  depends 
significantly upon the  two  lift  coefficients used since  the  experimental 
drag  curve  is not a true parabola as  assumed. 

The  pitching-morent  comparison  of  figure 15 for the  complete wing 
clearly  indicates  the  overestimation of  the  pitching  moment  that  was 
foreshadowed in figure 13. As previously  noted,  this  discrepancy  results 
prbmrily from the  inability  to  predict the flow over  the  outboard  two- 
thirds of the wing semispan because  of  the  large  amounts of separated 
flow in this  vicinlty. In general,  the  magnitude of the  pitching-moment 
coefficierrt  is  fairly  large,  resulting in a high  static margin of 
stability,  as  can  be  seen  from  the  aerodynamic-center  location  (fig. 17) 
These  high values of the  stability of the wing have resulted in a 
limitation of the trim lift  coefficient  of  the  complete  configuration 
(unpublished  data)  to a value  of 0.35. 

+For  this  consideration,  the  center  of  gravity  has  been  assumed  to 
be  located  at 25 percent of the mean aerodynamic  chord  to  satisfy low- 
speed  stability  requirements. 

L 



The general cornpasison of the lift and drag has indicated  experi- 
E n t a l  values less  than  theoretical  values  for  a given angle of attack. 
Hence a comparison of these  coefficients on the  basie of equal lift 
would show  much bet ter  agreement. This i a  essentially  the  result  shown 
in figure 16 where the agreement between the experimental and theoretical  
l i f t -drag  ra t ios  i s  quite good.  The maxirmrm L/D of 5.3 obtained 
ewerimentally and 5.1 obtained  theoretically  serve t o  indicate  the low 
lift;-drag  ratio8 which will result   for  the complete  configuration. Even 
these  values  are somewbat idealized  since  they  represent wing-alone 
characteristics  Kith  the  effect8 of skin f r i c t ion  neglected. To i l lus -  
t r a t e  this point, force  characteristics  obtained from ae yet  unpublished 
data for  the complete model and for  the wlng and body are presented t o  
show the  results t o  be expected from more camplete configurations of 
t h i s  model. The difference between the experimental wing and wing-body 
lift-drag  ratios  represents  a  difference  in drag coefficient of approxi- 
mately 0 .Olg in   the range of l o w  lift coefficients. T h i e  value. of 0.019 
must therefore account for  the body and part  of the wing-body interference 
drag  together  with  the  skin-friction drag of the wing, Since the body 
drag  alone was approximately 0.013, it appears that  the  skin-friction 
drag of the wing i s  low, tending t o  SUbEtantiate the assumption that   the  
f low in   the  boundary layer over the wing i s  almost  completely laminar. 
It appears, therefore,  that  the low mexlrmnn l if t-drag  ratios  are  pri-  
m i l y  associated with a: c d i n a t i o n  of thick wing sections (8 percent 
in the streamwise direction) and inadequate sweep f o r  this Mach nuniber. 

From the viewpoint of Fmprovlng the maximLrm l i f t -drag ra-Gio, i f  
maxirmrm l i f t -drag  ra t io  is  of pr- interest  st th i s  Mach nmiber, the 
principal  opportunity appears t o  be in  increasing  the sweep angle t o  a 
value of  about 65O with  corresponding  reductions in  section  tbiclmesses 
consistent  with  structural  limitations. (See references 15 and 16.) It 
also appears that in order t o  mkh ize   t he  adveree spanwise f l o w  effecte 
which might seriously hamper and reduce the  lateral  control  effectivenees, 
the use of a cauibered King would materially improve the f low.  

A pressure-distributfon  investigation of the wing ( in   the preaence 
of the  fuselage) of a complete supersonic aircraft  configuration has 
been  conducted in   the Langley 4- by k-foot  eupersonic tunnel a t   a  Mach 
number of 1.59 and a Reynolds number of 0.575 x 106 based on the mean 
aerodynamic chord. The wing was swept back 4.0' and had an aspect ratio 
of 4, a  taper  ratio of 0.5, and 10-percent-thick  circular-arc  sections 
perpendicular t o  the  quarter-chord  line. For the Mach nmiber of the 
present  investigation,  the wing had both  supersonic  leading and t r a i l i ng  
edges; the  leading edge, however, had a detached shock wave throughout 
the  angle-of-attack  range. 
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The experimental lift and drag  coefficients were less than  those 
predicted by linear'theory. The discrepancies resulted principally from 
the  existence of large  regions of separated flow at the rear and at the 
outboard stations of the wing and in   par t  from the presence of a detached 
leading-edge shock  which i s  neglected in the  linear  theory. In addition, 
there w a s  a pronounced interference  effect of  the fuselage on the wing 
a t   t he  inboard stations  but this effect  diminished fairly  rapidly 
outboard. 

The maximum lift-drag rat io   of  5.3 obtained  experimentally  agreed 
very well with the  theoretical value of 5.1. This agreement,  however, 
was materially  aided by compensating diecrepancies i n  both tke l i f t  and 
drag coefficients. The pitching moment was considerably'less  stable 
than predicted by theory  primarily  as a result of the  separation over 
the outboard region of the wing. This  separation phenomenon appears t o  
be  of  primary  concern for  uncanibered and untwisted ewept wings, such 
as the wing of .the  present  investigation, where the spanwise gradients 
and the i r   e f fec ts  on the boundary layer are large. 

Langley Aeronautical Laboratory 
National Advisory Committee for  Aeronautics 

Langley Air Force Base, Va.  
. 
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Figure 2.- Details of model of superaoELc aircraft configuration. Dimen- 
sions are i n  Inches unless otherwise noted. 
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Figure 3.- Schematic  view of wing showing o r i f i c e  stations and Mach lines. 
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Figure 5.- Variation of p-eseure distribution with angle o f  attack at  four 
streamwise stations. F h g g e d  eymboh denotie h E r  surface. M E 1.3. 
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Figure 6.- Variation of greseure distribubion with angle of attack a t  two 
oblique statione. Flagged symbol6 denote lower surface. M = 1.59. 
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Figure 6.- Concluded. 
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Figure 7.- Variation o f  unit chordwlee-force  coefficient with angle of 
attack at four s t r e d s e  stations. Fhgged symbol0 denote lower 
surface. M = 1.59. Y 
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Figure 7.- Concluded. 
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Figure 8.- Comparison of experimental and theoretical pressure dietribu- 
t i o n  for zero angle o f  attack at four streamvise stations. Flagged 
sgmbols denote loxer Burface. M = 1.59. 
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Figure 9.- Carparison of experimental and theoretical  aurface lifting- 
pressure coefficient for representative angles of attack  at four 
streamwise  stations.  Flagged symbols denote lower surface. M = 1.3. 
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Figure 10.- Aerdpamic characteristics at four streemwise statiom. 
M = 1.59. 
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Figure 10.- Continued. 
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Figure 12.- Spaswise distzibution of drag for representative anglea of 
attack. M = 1.59. 
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Figure 14.- Chordwise location of section  center of pressure as B function 
of 6panvise station. M = 1.59. 
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Figure 15.- Wing  aerodynamic charscterietice. M = 1.59. - 
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Figure 16. - Eqerimental. and theoretical Lifi-drag ratios. Id = 1.59. 
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Figure 17.- Variatlon of aerodynamic center and lateral center o f  pressure 
with lift coefficient. M = 1.59. 
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